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SUMMARY 



Flight data are presented to show that the absolute 
minimum or limit pressure coefficient on an airfoil is 
a function mainly of the Ma oh number for Mach numbers 
above about 0,3 and for usual flight values of the 
Reynolds number. The curve of limit pressure coeffi- 
cient as a function of Mach number Is established. The 
flight data also Indicate the rate at which the pressure 
coefficient decreases with stream Mach number as the 
limit pressure is approached and when the local Mach 
number is greater than unity. Recent theoretical results 
of Gar rick and Kaplan are modified and extrapolated in 
accordance with the flight data at the higher local 
Mach numbers to the established curve of limit pressure, 
A tentative working chart for the do termination of the 
compressible-flow pressure distribution and of the lift 
coefficient beyond which potential flow cannot e.xist ia 
thus established . 

The lift coefficients at which potential flow ceases 
to exist (namely, the 1.1 ft coefficients at the so-called 
compressibility burble ) appear to be the actual maximum 
lift coefficients over a certain range of Mach number; 
that is, the lift coefficients corresponding to the 
attainment of limit pressure coefficient, as calculated 
by means o^ the tentative working chart for the 
P^7c-1 airplane, are in agreement With the maximum 
lift coefficients measured in abrupt pull-ups in the 
range of Mach number from 0.;-" 7 to 0*55 « 

Although, the material presented does not permit 
deductions as to the relationship, if any, between the 
maximum lift coefficient and the limit ores sure coeffi- 
cient at the higher values of the Mach number, it seems 
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evident from published results of wind-tunnel tests and 
other data that at the hu.hor Mach numbers the 11Tb coef- 
ficients correspond 3 nrr to limit pros;>ure coefficient are 
not, in general, maximums but that they do define a 
boundary between two types of floWj one of which is 
turbulent or unsteady. 

Certain -practical Implications Of tho results are 
discussed by means oi' appii cations to the V-n diagram. 
It is shown that modern fi ghtor airplanes may stall over 
a considerable range of indicated speed at constant 
values of the load factor &n<3 that, in general, turbulent 
flow emanating from the wingjB may exist at almost any 
point on the V-n diagram vr3 tain the operating range of 
altitude. Prom this result ltf follows that an important 
condition of tall loading occurs as a result of the 
superposition of buffeting load increments on maneuvering 
loads . 

The deteriorating influence of skin wrinkles and 
bulges is also discussed uvA the necessity of designing 
smooth wings that do not bulge or wrinkle within the 
normal operating range of load factor is indicated. 



INTRO DUG T ION 



Because of the lack of a satisfactory theoretical 
solution of the high-3pee<f! stall or burble, limited 
flight tests were made on a f^JG^l airplane for the 
purpose of obtaining data on the stall characteristics 
as a function of Mach number and Reynolds number. 
Stalled pull-ups were made at high altitude within 
conservative limits of lead factor and measurements 
of acceleration, airspeed, and wing pressures were made. 
The data from these tests were needed because a number 
of recent tail failures were apparently caused by largo 
loads resulting from nremature Stalling at moderately 
high speed and it was therefore necessary bo establish 
some means of estimating the spe^s and accelerations 
of stalling before a rational approach to the tail-load 
problem could even be attempted. 

The results of the tests indicated lar.^e adverse 
compressibility effects on the maximum lift coefficient 
and verified the supposition that true stalls might 
occur at moderate values of lift and at moderately high 
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values of speed. The results could nob be used to 
estimate the stalling conditions for other cases, hew- 
ever, and were not published. 

Various Investigators of the theoretical flow of 
compressible fluids have shown and experience indicates 
that serious flow disturbances do not take place upon 
the attainment at some locality of the speed of sound. 
The value of local Mach number or pressure coefficient 
beyond which potential irrotational flow can no longer 
exist has, however, remained elusive and speculative . ^ 
Kaplan in reference 1 has indicated values of the limit 
pressure coefficient on the basis of a mathematical 
analysis of flow over a series of bumps . The results 
of reference 1 ere most accurate for tramps of small 
thickness for which the values of the limiting pressure 
coefficient occur at rather high stream Mach numbers. 
For thick bumps, the analysis of reference 1 is less 
accurate and requires additional terms in tns solution. 

Since the tests were made on the F-';.7C-1 airplane, 
additional data have become available from tests on an 
XP-51 airplane and an S32C-1 airplane. The pressure 
measurements from these several tests and from an 
earlier test on an XF2A-2 airplane, together with the 
theoretical results of reference 1, are used to establish 
a useful working curve of limit pressure coefficient 
against Ilach number. 

In the present paper, the experimental curve of 
limit pressure coefficient is given. A tentative 
working chart is also presented for the solution of 
compressible flows in air to the limit pressure. This 
Chart is based on a recent report by Garricfc and Kaplan 
(reference 2) and has been adjusted and extrapolated at 
the higher local Mach numbers in accordance with the 
flight data. 

Application o^ the results to the estimation of 
the limits on the V-n diagram at which burbling occurs 
is indicated and some implications of the results are 
discussed . 

FLIGHT TESTS ON P-JtfC-l AIRPLANE 

Airplane maxim um lift c oefficien t.- Abrupt pull-ups 
to stOTwere made~at altitudes of 1^,000, 20,000, 
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and 25,500 feet. Measurements were made of the normal 
component of acceleration and of the airspeed; the 
pressure altitudes wer*> observed by the nilot. The air- 
plane was weighed before take-off and allowance was made 
for fuel consumption ur to the time of each pull-up to 
obtain correct values of wing loading for the purpose of 
computing the lift coefficient Ci> Accepted methods 
were employed in correcting the airspeed for compressi- 
bility effect. 

The results of these tests are shown in figure 1 
as maximum lift coefficient Or, ov against stream Mach 

number M« There is no apparent effect attributable to 
differences of Reynolds number R; the value of Cr v 

at M =5 0.1|., where the data for two altitudes overlap,,, 
is virtually yhe same at Reynolds numbers of 9.3 x 10° 
and 13. 14. x 10o . The degradation in maximum lift with 
increasing Mach number 13 evident. 

The nature of the acceleration records and the 
pilot's observation of the behavior of the airplane 
are of interest. Pig we 2(a) shews a typical record 
for one of the pull-ups at 15,000 feet and figure 2(b) 
shows one at 25,500 feet. The sharp character of the 
break at maximum lift is apparent, particularly for 
the pull-up at 15,000 feet. In all of the pull-ups 
the breaks had the same sharp character, except in the 
one case noted in figure 1, the record for which is 
shown in figure 2(c): in this case the pilot reported 
a partial stall characterized by slight shuddering of 
the airplane. 

The pilot T s reocrts of the behavior of the airolane 
indicated' that the stalls were, in general, symmetrical 
and "hard" - that is, there was little tendency to roll 
and the sudden change of force, both on the wing and on 
the tail, resulted in a hard shock to the airnlane 
structure. In some cases the pilot noted shaking of 
the aileron. 

Measurement of minimum pressure . - In addition to 
the measurements cf ff^a? a ±%cw P r ~ 0S3 ^ re3 were 
measured in four of the runs to establish the minimum 
pressure, which was expected to occur near the nose of 
the wing. For this purpose seven closely grouped pres- 
sure orifices were installed at a section near the mi d- 
semispan location, as shown in figure 3. • Considerable 
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csre was exercised to ensure a smooth surface and flush 
orifices, and high- frequency manometers were located in 
the gun compartment adjacent to the orifices to provide 
short pressure tubes ard thus to minimize lag in the 
pressure measurements. 

Because these tests were made during the course of 
another investigation on the airplano with which it was 
desired not to interfere and because of other Limita- 
tions, the pressure investigation could not be as 
complete as" desired. For these reasons, even with the 
orifice locations limited as stated, only one-half the 
orifices could be connected to the manometers at one 
time, so that the flight had to be repeated. Actually, 
an abrupt pull -up was made at 20, COO feet followed by a 
check pull-up with the same set of connections; the air- 
plane was then brought to earth, connections changed, 
and the two null-uns repeated, within about 1/2 hour 
of the first pull-ups. The pull-ups were nearly identical, 
as indicated, by the test noints for the altitude of 
20,000 feet shown in figure 1. 

The minimum pressure coefficient measured at the 
nose in these tests was -5.55 and the Mach number was 
O.I4.2. The minimum pressure occurred at the time of 
maximum lift; this feature of the result is shown in 
figure I4. by the time histories of pressure coefficient 
and normal' acceleration, in which the occurrence of 
stall is indicated by the sharp break and the subsequent 
irregularity in the acceleration curve. 



FLIGHT TESTS ON XP-51 AIRFLANE 



Available results from flight tests on the XP-51 air- 
plane include pressure measurements obtained in a stalled 
pull-up at a Mach number of 0.kk5 and in three pull-outs 
from dives at Mach numbers of about 0.73 • 

The oressures were measured around the profile at 
three ""stations along the span of the left wing. The 
spacing of the orifices at the no-se, in general, was 
not so close as in the case of the P-/4.7C-I airplane 
and the connecting tubes to the manometer in the 
fuselage were longer. The minimum pressure coefficient 
actually measured was -I4..6O at the nose of the inboard 
station, and this value occurred at a Mach number 
of O.I.l45. 
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The minimum pressure coefficient measured at the 
nose of the middle station was -i|-.25 at a Mach number 
of O.Iji.;. 1 ?. The minimum pressures for both the root 
and the middle station occurred somewhat later than the 
maximum lift coefficient or acceleration. Figure 5 
shows for the midsection the time history cf the pres- 
sure coefficient at the point at which the minimum 
pressure occurred, together with the time history of 
the normal acceleration. At the instant of maximum 
lift, the minimum pressure coefficient measured was 
-I4- • 01 and the Mach number was 0 # i^55 • It appears that, 
as in the case of the F-I+7C-1 airplane, the maximum 
lift coefficient occurred substantially in conjunction 
with the attainment of a limit value of minimum pres- 
sure coefficient, with the exception that the minimum 
pressure coefficient continued to persist for a period 
of time following the occurrence of the stall. The 
pressure distribution over the upper surface of the 
middle station, at which the nose orifices were the 
most closely spaced, is shown in figure 6 for the 
instant of maximum lift. 

An example of the behavior of the minimum pressure 
coefficient in the dive pull-outs is shown In figure 7* 
in which the lift coefficient, minimum pressure coeffi- 
cient, and stream Mach number are plotted against time. 
It is seen that, before the pull-out started, the 
minimum pressure coefficient decreased as the Mach 
number increased to a value that subsequently remained 
nearly constant for a time. As the lift coefficient was 
sharply increased from about 0.1 to about O.I4., however, 
the minimum pressure coefficient failed to respond in 
a manner that would have been expected for low values 
of the Mach number. In fact, the singular constancy 
of the pressure coefficient in this case suggests the 
attainment of a limit value for the Mach number shown. 

The apparent attainment of limit values of the 
minimum pressure coefficient in the dive pull-outs was 
not related to an; obvious stall, although the pres- 
sure records showed that turbulent flow existed behind, 
but not ahead of, the location where the limit pres- 
sure occurred. 

FLIGHT TESTS ON SB2C-1 AIRPLANE 

In the course of an investigation of the flight 
loads on an SB2C-1 airplane, pressures were measured 
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along the chord at three spanwise stations on the left 
wing. Although the tests were not carried to very high 
Mach numbers or lift coefficients, a series of null- 
outs was made un to a Nach number of Q.6I45 and a lift 
coefficient of O.I;5. In tne last pull-cut, as con- 
trasted with previous ones of lower speed and accelera- 
tion, there were definite evidences of disturbance to 
flow over the wing and of separation from the upper 
surface. These evidences included sudden losses in 
total pressure in a region extending from 3 inches to 
6 inches above the trailing edge of the wing and dis- 
continuity in the curve of wing bending moment against 
wing lift. Moreover, as for the XP-51 airplane, the 
minimum pressure coefficients showed a tendency to stay 
at a nearly constant value over a period of time during 
which the normal acceleration of tie airplane increased 
and decreased. Although the indications were not so 
aharfly defined r or the S32C-1 airplane as for the 
P-1|7C-1 and XP-51 airplanes, it is believed that a limit 
value of pressure coefficient had been obtained and 
that, associated with its occurrence, separation of 
flow occurred over the upper surface of the wing. In 
this case the minimum pressure coefficient was -2.15 and 
occurred at a Mach number of C.6q.S. 



LIMIT PRESSURE COEFFICIENT 



It seems evident that, in each of the flight test3 
cited, the minimum pressure coefficient measured at any 
point along the chord attained a limit value at which 
separation of flow or turbulence occurred. The several 
values of minimum pressure coefficient measured in the 
flight tests cited herein are plotted against Mach 
number in figure 8. The point shown for the stalled 
pull-un of the XP-51 airplane is that for the nose of 
the root station. This point was chosen because it 
was bhe minimum of all values measured and is probably 
the most accurate value considering the effects of lag 
in the tubes connecting the orifices to the manometer. 
Also shown In figure 3 are results from reference 1 for 
bump thickness ratios up to about 8 percent and a point 
from tests of the XP2A-2 airplane reported in refer- 
ence 3. This last roint was taken froM the original 
data, not from the cross-faired pressure plots shown 
in reference . 3 . 
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The manner tft which the various points fall along 
a single curve in figure 8 notwithstanding differences 
in airfoil section, lift coefficient, and Reynolds 
number seems to verify the real existence of a lim.it 
pressure coefficient dependent mainly upon Mach number 
and to establish the curve as the definition of this 
limit pressure coefficient as a function of the Mach 3 
number . 

MODIFICATION fS0 EXTRAPOLATION OP THEORETICAL FLOW 



Figure 8 shows, in addition to the experimental 
values of limit pressure coefficient, the theoretical 
values of pressure coefficient in compressible flow 
presented in reference 2. The sonic curve shown in 
figure G represents the locus of joints at which the 
local Mach number : s un'ty. The theoretical results 
indicate that the negative pressure coefficients may 
continue to decrease in a continuous manner with 
increase in the stream Mach number to values corre- 
sponding to a constant local Mach number which, for 
a particular velocity correction formula given in 
reference 2, has the 1 ' value 1.15* The theoretical 
results, however, do not extend to the experimental 
curve of limit pressure coefficient and, in order to 
effect solutions of the flow to this limit, the 
theoretical flow must be extrapolated. Also, the 
theoretical curves as extrapolated must be examined 
in consideration of the available flight data to 
ensure that solutions in reasonable agreement with 
the flight results are obtained. 

In order to effect an extrapolation that would 
conform to the desirable condition of agreement with 
the flight data, three steps were taken. First, the 
pressure distribution obtained immediately prior to 
the stall of the XP-^l airplane was compared with the 
Calculated pressure distribution as corrected for 
compressibility by the use of the Garrick-Kaplan curves 
directly extrapolated ; the disagreement in the two^ 
results was then used as a guide to effect a modified 
extrapolation. Because this first step serves as a 
guide" to extrapolation only in the regicm of the greate 
numerical values of the negative pressure coefficient, 
a second step, aimed at extrapolation in the region of 
the lower valves, was to examine the rate at whicn the 
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minimum pressure coefficient changed with Mach number 
just prior to the attainment of the limit pressure in 
the dives of the XF-51 airplane. The experimental rate 
was then used as a guide to the extrapolation. Finally, 
the modified and extrapolated flow curves, together with 
the established curve of limit pressure coefficient, were 
used to estimate the probable maximum lift coefficients 
of the p4j/fC~I airplane over a range of Mach number and 
these lift coefficients were checked against those 
obtained experimentally by means of the accelerome ter 
and airspeed measurements. 

Figures 6 and 8 show the results of the first 
step. In this step only the negative pressure coef- 
ficients were considered and, because of the presence 
of the flap and other irregularities in the wing near 
the trailing edge, attention was focused on the forward 
half of the "wing, where the smoothest flow existed. 
Furthermore, the comparisons were effected by matching 
the peak pressure coefficients at the nose and observing 
the degree of agreement in the pressure curves as they 
extended back toward the trailing edge. For this purpose, 
the minimum pressure coefficient occurring at the nose of 
the airfoil was assumed to be -i+ • 6 0 instead of the 
measured value of -j+.Ol, which occurred at the time of 
maximum lift. This value was chosen because of the 
probability that the minimum pressure coefficient 
actually occurred somewhere between the points at which 
pressure orifices were located. It ma;/ be noted that 
-I4..6 is the value found on the curve of limit pressure 
coefficient in figure 0 for a Mach number of 0.1)55 afc 
which the maximum lift occurred. Figures 6 and 8 
indicate that better agreement betweon the calculated 
and measured pressure distributions is obtained with a 
compressibility correction that bonds up less steeply 
than the Garrick-Kaplan curves in the region of and 
beyond the sonic curve. Below the sonic curve, the 
curve of best agreement lies between the approximate 
result of von Karm£n (reference L) and the particular 
case discussed in reference 2. In fact, the experi- 
mental curve follows very closely the Temple -Yarwood 
approximation reported in reference 5 and discussed in 
reference 2, 

The result of the second step is shown in fig- 
ure 8 as a plot of the simultaneous values of minimum 
pressure coefficient and stream Mach number shown in 
the time history of figure 7 prior to the pull-out. 
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Although the angla of attack did not change sufficiently 
during the fllw to affect the significance of this 
result, a bulge in the uppor surface of the wing grew 
larger with increasing speed so that the profile did not 
remain cuite constant. At the higher speed, just before 
the pull-out, the location of minimum pressure shifted 
from" about l\2 percent to 50 percent chord, which was the 
location of the crSst of the teulge « The plot of pres- 
sure coefficient in figure 8 is that of the minimum 
pressure coefficient regardless of location and is the 
most significant possible representation of the behavior 
of the pressure coefficient with increasing Mach number. 
The result shown therefore is a substantially true 
indication for the present purpose and serves as a 
legitimate guide- tc' the extrapolation. Again, it appears 
that the experimental flow curve bends up less steeply 
than the Ga'rrick-I'Taplar curve, ?he experimental curve 
here is somewhat more oteen than the Temple -Yarwood 
approximation . 

Figure 9 is a complete flow chart based primarily 
on the Garrick-Kanlan results modified and extrapolated 
in accordance with the experimental results as indicated. 
The Temple - Garwood approximation was used to some extent 
to assist in systematizing the upper parts of the flow 
curves. This chart may "be regarded as a tentative 
working chart for the solution of the pressure discribu- 
tion to the limit pressure and of the lift coefficient 
at which marked changes in flow occur. No doubt some 
slight modification of the chart will grove desirable 
as additional flight data become available or can be 
analjrzed t 

It may be pointed out that, whereas the particular 
velocity correction formula discussed in reference 2 
yields a limit curve for which the local Mach number 
is 1 # 15, the Temple * Yarwoo<t approximation yieMs a 
limit curve i'cr which the local Mach number is 1.)^ 
calculated according to the method of reference 2. The 
experimental curve corresponds to a local Mach nomber of 
about 1.5 at the intermediate and high values of the 
minimum pressure coefficient and tc somewhat lower local 
Mach numbers at the lower values of nre^sure coefficient. 
Apparently, then, no one velocity correction formula would 
a ; .^ly over the entire range of conditions and it ^appears 
from" the present experimental results that the limit 
curve of figure 9 is rrobably the one applicable to 
modern airplanes. 
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COMPARISON OP "ESTIMATED AND MEASURED 
,r LIT T IT LIFT COEFFICIENTS" 



Pressure distributions for three sections of the 
wing of the P-I47C-I airplane were calculated for incom- 
pressible flow at several lift coefficients according 
to the method of reference 6. The sections for which 
the calculations were made were taken at stations near 
the root, midway between the root and tip, and near the 
tip. In each cade care was taken to ensure accurate 
evaluation of the peak ores sure near the nose. These 
pressure distributions were expanded to various Mach 
numbers through the "use of figure $ until the limit 
pressure coefficient was attained. The new lift coef- 
ficients were then found by mechanical integration. In 
this way the "limit lift coef x"i dents "were obtained as a 
function of free -stream Mach number. 

The span load distribution was then determined 
according to the method of reference 7 and the section 
lift coefficients were plotted against wing lift coef- 
ficient. Since there was no reason to believe that 
the span load distribution would be greatly affected 
by compressibility until a breakdown in flow occurred 
at some station, no serious attempt was made to correct 
this distribution for compressibility. Because the 
wing has some twist, however, the well-known C-lauert 

factor ■ gs 1 - was applied for a Mach number of 0.55 

\A - ? 

(a value near the upper limit attained in the tests on 
the P-ij-7C-l airplane) to indicate approximately the 
degree to which the ultimate result might be affected 
by such a correction. The uncorrected and corrected 
values are shown In figure 10. 

Finally, the section values of limit lift coef- 
ficient, as previously determined for several values 
of the Mach number, were located in the plot of section 
lift coefficient against wing lift coefficient. (See 
fig. 10o) 

Figure 10 shows at a glance approximately where 
the change in flow ma j be expected to occur first 
along the span. At the lower Mach numbers and higher 
lift coefficients, the high pressure coefficients at 
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the relatively sharp nose of the thin tip section result 
in earlier charge near the tip. ^t the higher Mach 
numbers and lower lift coefficients, tho greater thick- 
ness of the root section causes the flow to break down 
first at the inboard location. The initial occurrence 
of some breakdown in flow over a narrow region along 
the span does not mean, however, that a change of lift 
of the whole wing will be manifested at the same time. 

It is evident that the lift of the wing at which 
a change in flow is likely to be manifested by some 
noticable change in behavior of the airplane will lie 
between the values corresponding to the limit lifts of 
the root and tip sections. Without knowledge of the 
rate at which the lift changes beyond the critical 
value at each station, the wing lift coefficient of 
course cannot be exactly de terminod. As an approxima- 
tion, however, a mean wing lift coefficient may be 
determined by weighting the values corresponding to 
the critical section coefficients according to the 
chords of the sections. The wing lift coefficients 
determined in this manner for tho P-.I4.7C-I airplane are 
shown in figure 10. Figure 11 shows the mean wing lift 
coefficients plotted against Mach number. Also shown 
for comparison are the experimental values of maximum 
lift coefficient from figure 1, corrected for the 
upward-acting tail load to represent more nearly the 
maximum lift coefficient of the wing alone. The agree- 
ment between the experimental maximum lift coefficients 
and the limit lift coefficients as estimated from the 
chart of figure 9 serves both as a practical check of 
the chart and as an indication that the breakdown of 
flow associated with the attainment of the limit pres- 
sure coefficient defines the maximum lift coefficient 
for the wing of the P-1.1.7C-I airplane within the test 
range of Mach number. 

DISCUSSION 
Applications to V-n Diagram and 
Implications Relative to Tail Loads 



In order to illustrate some practical implications 
of the foregoing results, V-n diagrams (fig. 12) have 
been prepared for the P-)4-7C-l airplane. The V-n diagram 
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is simply a graphical representation of the general lift 
equation, where the lift L is given in terms of the 
airplane weight W, a3 follows? 



n * £ 

W 

1 P 
W/3 

whe re 

p mass density of air 

V true airspeed 

S wing area 

The curved boundaries shown in figure 12 are the limits 
defined by the estimated values of lift coefficient at 
the limit pressure coefficient and hence apply to the 
wing only; airplane load factors are about ^ or 6 percent 
higher than the limits shown owing to the upward-acting 
tail load. The mean line through the acceleration 
values measured at 25, feet and corrected for tail 
load is also shown for comparison. 

This V-n diagram shows at a glance the values of 

acceleration and Vo^^ at which breakdown of flow or 
burbling occurs at any altitude. A point of interest 
is that the lines of constant lift coefficient are also 
lines of constant Mach number when considered as con- 
necting the V-n boundaries for the different altitudes. 

It may be noted that there is a region of altitude 
and speed at which burbling occurs with high load factors 
in the neighborhood of the limit load factors for which 
modern fighter and pursuit airplanes are designed. For 
example, if a horizontal line is drawn on the diagram 
at n = 8, this line intersects the sea-level boundary 
at about 285 miles per hour and at r j20 miles per hour. 
Burbling can therefore occur at sea level at either of 
these two speeds. As the altitude increases, the lower 
speed at which burbling occurs at 8g increases and the 
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higher speed decreases until, at about 8000 feet, 
the flow break3 down at 8 g at a single 3peed of about 
370 miles per hour; at other speeds", burbling already 
has occurred at lower load factors . Thu3 , if pull-outs 
or pull-ups are carried out toSg between sea level and 
8000 feet, burbling may be expected to occur at any 
speed, depending uoon the altitude, between the sea- 
level limits of 230 miles per hour and 550 miles per 
hour. Similar conditions obtain, with different limits 
of speed and altitude, for other values of acceleration. 

The effect of wing loading is indicated by a com- 
parison of figure 12, which applies for a wing loading 
of liO pounds per square foot, and figure 13, which 
applies for a wing loading of JO pound.3 per square foot. 
The boundaries for equal altitudes move to higher values 
of acceleration as the wing loading decreases or, by 
putting it conversely, burbling occurs at given values 
of acceleration and lift coefficient at higher altitude 
as the wing loading decreases. In the case under con- 
sideration, the effect of decreasing the wing loading 
from I4.O pounds rer square foot to JO pounds per square 
foot has been to increase the altitude at which burbling 
occurs at a single speed at 3g from about 8000 feet to 
about 15,000 feet. 

These results lead to the conclusion that break- 
down of flow from the wings of modern fighter airplanes 
mav occur a3 a result of compressibility effects over 
most of the area of the V-n diagram, the accelerations 
and speeds defending upon the wing loading and altitude 
for any given airolane geometer. Moreover, within the 
usual range of wing loading, such breakdown may occur 
in the vicinity of the limit load factor within the 
normal operating range of altitude and speed. This 
fact; of course, has an important bearing on the loads 
imposed on the airplane structure, especially that of 
the tail. In the case of the horizontal tail, the 
existence of the high load factor signifies, in general, 
a large upward-acting tail load; when the flow breaks 
down over the wing while the quasi-static load on the 
tail is large, a critical condition is likely to occur 
because of the superposition of additional load incre- 
ments. These load increments include those resulting 
from buffeting (see reference 8) and those resulting 
from changes in the location of the aerodynamic center 
of the wing. Furthermore, if the breakdown in flow is 
asymmetrical over the wings, rolling and yawing may be 
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expected to occur and unsyirjne trical components of tail 
load will be imposed. If the breakdown in flow is a 
true stall, as the evidence indicates will be the case 
at the more moderate values of the Mach number, and if 
some aileron or rudder has been applied, a snap roll may 
ensue with very large yaw angles and large unsyfflne trical 
tail-load components. In this case, too. the loads on 
the vertical tail surfaces may be critical because of 
the occurrence of a very large yaw angle at high speed. 

Although reduction of wing loading increases the 
altitude at which the high loads occur, the probability 
of stalling or burbling still remains within" the range' 
of usual operating conditions for all commonly used 
wing loadings. On the other hand, the range of altitude 
within which stalling or burbling does not occur over a 
considerable range of speed is greatly increased with 
reduced wing loading so that, in general, the lighter 
the wing loading the less probable is the occurrence of 
change of flow, especially at the higher values of load 
factor. The lighter wing loadings are therefore 
advantageous in this respect. 



Differentiation between Stalling and Burbling 

Care has been exercised tc avoid the use of the 
terms "stall" and "maximum lift" in this report except 
when the breakdown of flow at maximum lift or maxinvum 
lift was specifically meant. The results reported 
herein appear to indicate definitely enough that, when 
the limit pressure coefficient is reached at high to 
moderate values of the lift coefficient and at corre- 
spondingly low to moderate values of the Mach number, 
the breakdown in potential flow induces less of lift 
and results in a turbulent wake of considerable strength. 
In other words, the limit pressure coefficient appears 
to define true maximum lift, or stalling, over a certain 
range of Mach number, the upper limit of which has not 
yet been established. 

In the high-speed pull-outs of the XF-51 airplane 
at Mach numbers of about O.7I1. and at lift coefficients 
of about Ojf, the mere attainment of the limit pressure 
coefficient did not result in any noteworthy manifesta- 
tion of troublesome conditions although, as has pre- 
viously been noted, the pressure records indicated the 



16 



NACA ACR WO* l4l 2 7 



existence of turbulence behind the location at which the 
limit pressure coefficient occurred. It is felt that 
the reason for the lack of noteworthy effects in this 
case may have been that the limit pressure coefficient 
occurred rather far back on the upper surface (see 
fig. 16) and that the turbulent wake was consequently 
narrow and rrissed the tall. Furthermore , the existence 
of a slight bulge in the profile at the location of the 
limit pressure may have stabilized the location of the 
shock and thus have led to the maintenance of relatively 
steady flow conditions. 

That the attainment of the limit pressure coeffi- 
cient in the pull-outs of the XP-51 airplane did not 
correspond to maximum lift is obvious from the data 
in figure 7, which show that the lift coefficient can 
change considerably while the minimum pressure coeffi- 
cient remains nearly constant. The reason for this 
behavior is perhaps evident from figure 16. It may 
be observed that/ since the limit pressure coefficient 
occurred at the 5 0- percent-chord station and pressure 
coefficients of much lower magnitude were present 
forward of this point, there is no bar to the further 
reduction of the pressures over the forward half of 
the wing until the limit value is attained there; that 
is, as the angle of attack is increased, the pressure 
diagram may continue to be "filled in fr over the forward 
portion until the limit -oressure is attained at the 
nose • 

The determination of maximum, lift at the higher 
values of the Mach number is therefore not settled by 
the material contained herein. There is no doubt 
that flight can be accomplished at the higher Mach 
numbers outside the boundaries of the V-n diagram 
established by the limit pressure, but the maximum 
possible load factors are not at present subject to 
analytical determination. On the ether hand, there 
is also little or no doubt that at these higher I.Iach 
numbers the limit pressure does establish boundaries 
on the V-n diagram between two regimes of flow, one 
of which is turbulent or unsteady. Whether the change 
of flow and the turbulence introduce hazardous condi- 
tions depends upon, arnong other things, the geometry 
and dynamics of" the airplane and the magnitude of the 
dynami 0 pre s s ura . 
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Effect of Skin Bulging and Wrinkling 



It should be reiterated at this point that the 
test results for the P-ltfC-l airplane were obtained at 
sufficiently high altitude or at sufficiently low soeed 
to^ensure that the load factors would not be high. " For 
this reason the wing was not stressed sufficiently to 
cause serious distortion of the wing profile due to 
bulging or wrinkling of the skin, and the results there- 
fore apply to the undistorted profile. The V-n diagrams 
shown herein also apply to the undistorted profile." 

It is easy to show, however, that distortions of 
the profile have a substantial deleterious effect upon 
the lift coefficient at which the limit pressure occurs. 
This fact is almost self-evident but is illustrated 
by figures 14 and 15. Figure ll; shows the upper sur- 
face of an airplane wing under static test at" a load 
factor of 8. The report of the test indicates that 
the wrinkles started to form at a load factor of 6 when 
the wing was first leaded and at a load factor of I4. 
when the wing was reloaded after having been loaded to 
the design yield load. Figure 15 shews the calculated 
incompressible-flow pressure distribution for the 
forward portion of the upper surface of this wing at 
two values of the section lift coefficient. The fig- 
ure also shows the pressure distribution as modified 
by the presence of a wrinkle having dimensions such 
as those shown in figure li|. The modification of 
the pressure distribution as caused by the wrinkle was 
calculated by the method given in reference 9. Referring 
these pressure distributions to figure 9 shows that the 
presence of the wrinkle seriously decreases either the 
lift coefficient at a given value of the Mach number or 
the Mach number at a given value of the lift coefficient 
at which the limit pressure coefficient is reached. 

The flatter types of pressure distribution asso- 
ciated with the newer types of airfoil at the lower 
lift coefficients may be sensitive to slight distor- 
tions of the profile a3 the limit pressure is approached. 
Measurements of the profile distortion at the mid- 
semi span location on the XP-51 airplane, for example, 
indicated that the crest of a wide bulge occurred" on 
the upper surface at the 5 O-percent-chord station. The 
height of the bulge was about 0.2 percent chord. Else- 
where along the chord the heights of the bulges were 
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only about one-twentieth that magnitude . It might 
be expected that the effect of the bulge would be 
to modify the incompressible-f low pressure diagram in 
a manner similar to that illustrated .for the wrinkle 
in figure 15; of course, bhe pressure increments would 
be less drastic than p or bhe wrinkle (the height of 
which, incidentally, was O.li oercent chord) and, since 
the bulge was wider than the wrinkle, the pressure 
increments would be spread ever a somewhat greater 
distance along the chord. 

Figure lo shews the estimated pressure distri- 
bution for the undlstcrted upper-surface profile 
together with the pressure distribution actually 
measured just as the limit pressure was reached. 
Although the point has not been verified, it appears 
possible that the effect of the bulge in the upper 
sun n ace was to shift the position at which the region 
of low pressure occurred and also to cause the pressure 
to decrease to the limit value. 

Bulging and wrinkling cf the skin appear, there- 
fore, to have two important effects. First, as 
wrinkling occurs at the higher load factors, the lift 
coefficients of burbling are recucad and the actual 
V-n boundaries for bhe lower altitudes may have flatter 
and lower crests than illustrated by the examples 3hown 
for an undistorted wing in figures 12 and 13. Second, 
the existence of bulging and wrinkling makes very 
difficult, if not practically impossible, the predic- 
tion of an exact pressure distribution at the higher 
loads and speeds. It wou!d seem, therefore, that 
every effort should be made to design tho wings of 
high-performance airplanes to have rigid shells rather 
than to permit wrinkling and bulging of the skins. 
It is equally evident, of course, that other flow 
deteriorating influences on the wing profile should 
be suppressed to the vanishing point. 
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rigure 1.- Maximum lift coefficient of P-47C-1 airplane In 

abrupt pull-upe. 



(a) At 15,000 feet; (bJ At 25,500 feet; (c) At 25,500 feet; 
abrupt stall. abrupt stall. perceptible stall 

Figure 2.- Acceleration records taken on P-47C-1 airplane during 

abrupt pull-ups. 
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Figure 4.- Time histories of normal acceleration and of minimum 
pressure on nose of midsection of wing In abrupt stalled pull- 
up of P-47C-1 airplane. 
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Figure 5.- Time histories of normal acceleration and of minimum 
pressure on nose of midsection of wing in etalled pull-up of 
XP-51 airplane. 
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Figure 6.- Pressure distribution over upper surface of wing of 
XP-51 airplane at maximum lift compared with estimated dis- 
tributions based on extrapolated Garrlck-Kaplan relation and 
on modified relation. 
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Figure 7.- Time history of minimum pressure coefficient on midsection of wing of 

XP-51 airplane in pull-out. 
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Fig. 8 
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Figure 8.- Pressure coefficient against stream Mach number, 
according to Garrick and Kaplan, with experimental curve 
of limit pressure and other flight data. 
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Fig. 9 




Figure 9.- Tentative working chart for solution of compressible 

flow of air to limit pressure. 
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Fig. 10 




Figure 10.- Section lift coefficients corresponding to limit 
pressure at three spanwise stations on wing of P-47C-1 air- 
plane, and associated values of wing lift coefficient. 
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Figure 11.- Maximum lift coefficient of P-47C-1 airplane 
corrected for tall load and compared with wing maximum 
lift as estimated from curve of limit pressure. 



12 



10 



S 8 



2 



0 



0 




Exper/me/ifa/ 
£5,500 ft 



"Sea /eise/ 



.20,000 ft 
30,000 ft 



NATIONAL ADVtlORY 
COMM ITEE FOR AERONAUTICS 



£00 * 400 

l/(T , mph 



600 



800 



Figure 12. - V-n diagrams for P-47C-1 airplane showing 
boundaries defining burbling for a wing loading of 
40 pounds per square foot. 
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Figure 13. - V-n diagrams for P-47C-1 airplane showing 
boundaries defining burbling with wing loading 
reduced to 30 pounds per square foot. 
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Figure 15.- Pressure distributions over upper surface of wing, 
showing effect of wrlnKle, without correction for compres- 
sibility. 
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16. - Pressure distributions over upper surface of midsection 
of wing of XP-51 airplane. 



